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of Mars Entry Vehicles
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Nomenclature

reference area

planetary miss distance, r, (1 + 2u/r,V2)Y2,
in Fig. 2, ft (or km)

receiver bandwidth [Eq. (1) and Fig. 4], cps

drag coefficient

lift curve slope

pitch damping coefficient

diameter, ft

receiver noise figure [Eq. (1)]

frequency, cps

total antenna gain

gravitational acceleration; g, at Mars surface =
12.3 ft/sec?

atmosphere scale height, ft (or km)

noise power density, w-sec/cycle

atmospheric losses (Farth -+ Mars, if direct
link)

total circuit loss

free space loss

reference length, ft

molecular weight

mass, slug
transmitted power, w
= pressure; 7Psart = surface pressure on Mars,

psf (or mb, if stated)

stagnation pressure, psf

integrated heat load during entry, Btu/ft?

heat flux; . Q. = convective flux at stagnation
point; @, = radiative flux, Btu/ft2sec

T2 ®R

Qv

Subscripts

e
HS
S

foe]

It nn

Il ([ I

dynamic pressure = pV?2/2, psf

slant range, ft (or km)

local Reynolds number

nose radius, ft

threshold signal/noise ratio

periapsis radius, ft (or km)

surface area; Sw refers to nose, or high heat
load region; Ssp refers to afterbody or low
heat load region, fi2

velocity, fps

weight

mole fraction in Mars atmosphere (e.g., Xco, i8
mole fraction of carbon dioxide)

location of center of gravity, measured from
nose, ft

location of center of pressure, measured from
nose, ft

angle of atiack, deg (or rad)

inverse of scale height, Aeca1e ™1, ft71 (or km™1)

flight path angle; positive in climb, deg

gravitational produet of attracting planet,
ft#/sec? (or km3/sec?)

density

radius of gyration; also standard deviation

condition at entry into Mars atmosphere
heat shield plus structure

suspended (by main chute)

freestream conditions
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Introduction

PECULATION on the presence and extent of life on Mars
has long held the interest of the scientific community.
To determine the presence and the characteristics of life on
Mars, it is desirable to place substantial scientific payloads
on the planctary surface and to perform biological experiments
over a period spanning seasonal variations. This paper re-
views some of the recent progress on Mars entry vehicle de-
sign concepts and illustrates the relative importance of mis-
sion objectives, launch and trajectory constraints, uncer-
tainties in the planetary atmospheric characteristics, steriliza-
tion requirements, and communications requirements on the
performance of unmanned entry vechicles. (The entry
vehieles are assumed to be transported to the vieinity of Mars
by a “bus” spacecraft, but the questions of bus design are not
treated here. It is realized, however, that the bus and lander
designs are usually heavily interrelated and must be jointly
considered for each interplanetary mission.) For con-
venience, the paper has been divided into three main parts: a
description of some of the more important over-all mission re-
quirements, a discussion of the problem of entry into Mars
and payload protection on landing, and a review of some
typical design concepts for each mission category.

General Mission Requirements
Early Missions

The problems of design and development of spacecraft and
entry vehicles to search for extraterrestrial life on Mars are
complicated by the fact that we possess only fragmentary
knowledge of the atmospheric and surface characteristics
of the planet. (The scientifiec objectives and experimental de-
sign could lead to the selection of most desirable landing sites!
on Mars.) The large uncertainties in these characteristics
lead to conservative lander vehicle design eriteria.

Most of the early Mars entry missions can be grouped into
three broad categories: 1) atmospheric probes, 2) short-life-
time landers, and 3) long-lifetime landers. Atmospheric
probes obtain data on ambient pressure, density, scale height,
temperature, and atmospheric composition; since they are not
required to survive impact, they could weigh as little as 20 1b.
They could include diagnostic instrumentation to determine
the entry vehicle performance. Short-lifetime landers to per-
form limited experiments over a period of a few hours or days
could be designed for about 500 Ib and thus might be com-
patible with injected-weight capabilities of early launch
vehicles.  (In addition to the lander vehicle itself, the mis-
sion must provide for the flyby bus and the separation system
between bus and the lander; thus, the total injected weight
for the early missions could be ~1500 Ib.) In addition to
atmospheric measurements during entry, they could also per-
form a few measurements and/or simple experiments on the
ground. Tor example, a single simple biological experiment
plus a measurement of the surface wind velocity might com-
prise the total landed experimentation for the early vehicles.
The later, long-lifetime landers could weigh in excess of 4000
Ib (and as high as 25,000 1b), and, in addition to biological
experiments, they could carry instruments for atmospheric
analysis by infrared and ultraviolet absorption and emission
spectroscopy, television cameras, scismic instruments, and a
core drill and mill. The following sections present important
factors that should be considered in the synthesis of a vehicle
design for a given mission.

Sterilization of Entry and/or Lander Vehicles

Sterilization is necessary to protect Mars from contamina-
tion by Earth organisms that might alter its ecology and in-
terfere with subsequent attempts at biological observation.2—*
Sterilization standards have been established based upon the
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probabilities of contaminating the planet assuming two
launches to Mars for every launch opportunity by both the
United States and Soviet Russia. It is argued that the rigk
of contaminating the planet should be smaller than the
probability of obtaining no useful biological data for all other
reasons: this results in a requirement that for each launch the
probability of contaminating Mars with viable terrestrial
organisms be less than 10745 One solution is to avoid any
contact between the spacecraft and the planet or its at-
mosphere. This approach is acceptable only for high-alti-
tude orbiters (or flyby vehicles), which accordingly must have
a minimum orbital altitude of approximately 4000 km for
nearly circular orbits in order to prevent decay of the trajec-
tory to a dangerous degree for at least 50 yr. For entry
capsules and landers, direct sterilization must be accomplished
and maintained to the 107* contamination probability.
Since there may be a burden of 109 micro-organisms in and
on a spacecraft that is assembled under suitable clean room
conditions, this requirement means that the micro-organism
population must be reduced by a factor of 10'3.  Among the
possible sterilization procedures are the application of dry
heat at 135°C for 24 hr, exposure to ethylene oxide (129
ethylene oxide mixed with 889, freon-12) for 18 hr at 70° to
100°F, and 30 to 509, relative humidity, and exposure to
radiation doses of 1.2 X 107 rad. Only the first of these,
namely, dry heat sterilization, is presently deemed acceptable.

Therefore, a design objective is to produce a lander that can
be completely sterilized by the application of dry heat.
However, certain components and subsystems of the lander
may be sensitive to the thermal environment necessary for
dry heat sterilization, so that removal of the thermolabile
components and their subsequent sterile reassembly would
have to be utilized. The lander must be heated to 135°C
throughout without excessively heating any particular por-
tion. Provisions must also be made for maintaining and
assaying sterility during handling and checkout of the lander.
The subsystems that present the most difficult problems are
solid propellant systems, pyrotechnics, and batteries. The
first two present safety hazards during the dry heat steriliza-
tion, which therefore must be done in a remote area. Al-
though propellants and pyrotechnics have been developed
which are amenable to dry heat sterilization, the arming,
safing, and ignition of these devices require a serious de-
velopment program. Among batteries, only Ni-Cd batteries
and some thermal batteries have thus far been demonstrated
to be sterilizable by the application of dry heat.

Launch Vehicle Considerations

The size and weight of a planetary entry vehicle are de-
termined to a large degree by the capability of the launch
vehicle that injects the entry vehicle and its flyby bus or
orbiter bus into an interplanetary transfer trajectory. (An
orbiter bus can perform measurements and mapping for a
long time, whereas a flyby bus remains in the vicinity only
for a short time.) Considering transfer trajectories with
near-minimum departure veloeity (i.e., near maximum in-
jected weight), the injection velocity for Mars missions
ranges from 37,400 to 40,700 fps. Figure 1 shows the nomi-
nal injected payload (including ascent shroud) capability of
various candidate launch vehicles for an eastward (90° azi-
muth) launch from Cape Kennedy.® Actual design pay-
loads will be somewhat smaller, because launch azimuths
other than 90° must be accommodated. (Current range
safety requirements at Cape Kennedy constrain the launch
azimuth to between 90° and 114°; this constraint elimi-
nates some launch opportunities or forces the use of a dogleg
maneuver after launch with the associated degradation of
injected-weight capability.) The capabilities of these launch
vehicles may be significantly increased in the future by in-
creasing the propellant load or upgrading the propellant
combinations used in any or all of their stages.
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Fig. 1 Injected payload capability for different launch
vehicles.

Injected-weight capabilities of at least 3000, 1400, and 650
Ib seem to be necessary to accomplish the long-lifetime lander
mission, the short-lived lander mission, and the atmospheric
probe mission, respectively. If an orbiter rather than a flyby
bus is used in conjunction with the entry vehicle, these in-
jected-weight requirements become 7500, 3000, and 2300 1b,
respectively. The ascent shroud dimensions usually im-
pose a limit on spacecraft diameter. For the vehicles in Fig.
1, the maximum shroud diameters with no hammer-heading
are 260 in. for Saturn, 120 in. for Titan I1T, 123 in. for Cen-
taur, and 60-65 in. for Agena. In general, to provide ade-
quate clearance under the dynamic launch environment, the
payload envelepe for the larger boosters must be about 10-15
in. smaller than the shroud dimensions.

Launch Window and Trajectory Considerations

A launch window from Earth to Mars occurs every 25.6
months. Since the orbit of Mars is neither circular nor co-
planer with the ecliptic plane, the minimum injection energy
over these launch windows varies with launch opportunity.
Approximate repetition of the same absolute Karth-Mars
geometry every 15 yr or 7 synodic periods results in a cyelic
recurrence of the injection energy requirement. Within this
15-yr metonic cycle, the absolute minimum injection energy
requirements occur next in 1971 for type I transfer trajectories
and in 1969 for type II trajectories.” (Types I and II tra-
verse heliocentric angles less than and greater than 180° be-
tween departure and encounter, respectively.)

Within a given launch window and among launch windows,
there are considerable variations in flight-time-to-encounter
and the corresponding communications distance to Earth.®
For example, the communications range varies from 8§ X 107

TRANSLATED APPROACH
ASYMPTOTE

FLYBY

PLANET MARS TRAJECTORY

APPROACH
ASYMPTOTE

/

Fig. 2 Mars encounter trajectory geometry.
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to 4 X 108 km, while the time of flight typically varies from
four to ten months and can exceed thirteen months. Ap-
proach velocity and direction and dispersion in the impact
parameter also vary widely. [The impact parameter, which
is the aiming point or unperturbed passing distance from the
planet for the interplanetary transit vehicle (Fig. 2), is related
to the periapsis radius r» by B = rp (1 + 2u/rpV.2)V2]
Approach velocities can vary from 8000 to 33,000 fps, and the
corresponding entry velocities range from 18,000 to 37,000
fps. In addition to affecting entry velocity, the approach
velocity determines 1) the dwell time in the vicinity of the
planet for a flyby bus and thus the time available for scientific
experiments from the bus, 2) the time available for com-
munications between a lander and Earth via a relay link on
the flyby bus, and/or 3) the retropropulsion requirements
necessary to place an orbiter bus into orbit about Mars.

The approach direction is defined by the ZAP angle, the
GP angle, and the orbital plane of Mars (Fig. 2; the shaded
region indicates the dark side of the planet). The ZAP angle
is the angle between the approach asymptote and the planet-
sun line. Since the heliocentric velocity of the spacecraft is
smaller in magnitude than that of Mars, the spacecraft is
overtaken by the planet and therefore appears to approach
from the planet’s leading edge relative to its motion about the
sun. For typical type I trajectories, the spacecraft ap-
proaches from the planet’s sunlit side, and the ZAP angle
varies between 70° and 165° for different launch times and
launch windows. For typical type II trajectories, the space-
craft approaches from the dark side and the Z4 P angle varies
between 30° and 120°. The requirement for lander entry,
descent, and planetary impact to occur within sight of the
Deep Space Instrumentation Facility (DSIF) communica-
tions sites on Earth limits the ZAP angle to between 80°
and 165° if steep entry trajectories are to be flown. (Shal-
low entry angles result in a larger impact point dispersion,
and errors in landing point location may degrade the results
from life detection experiments; entry angles less than —20°
may result in skipout.) Missions requiring visible spectrum
optics during entry and descent should most probably be
directed to impact on the sunlit side of the planet: for steep
entry angles, this calls for ZA P angles between 100° and 260°.
Finally, to satisfy possible relay geometry requirements for
reasonable communications between the lander and the flyby
bus or orbiter link to Earth, ZA P angles between 60° and 120°
are desirable. In general, ZAP angles near 90° provide the
best solution to all of the previous requirements.

The GP angle is the angle between the approach asymptote
and the planet’s orbital plane. For most feasible transfer
trajectories, the GP angle lies between +430° and —30°.
The approach direction and the selected flyby inclination also
define the period of occultation sustained by a flyby bus.
Occultation of the sun or the star Canopus, which are used as
attitude references, or occultation of Earth for command and
communications, can occur during or immediately following
planetary encounter. A sustained occultation of one or more
of these bodies places serious limitations upon the capability
of a flyby bus.

The final trajectory characteristic of interest is the impact
parameter, or planetary miss distance, B. To obviate the
necessity for sterilizing a flyby or orbiter bus, the inter-
planetary trajectory could be biased to a safe value of B
(see Fig. 2). Entry vehicles could be directed to the planet by
timely separation from the flyby or orbiter bus and the sub-
sequent application of an appropriate velocity increment.
(In addition, deflections of the bus trajectory itself have been
studied as well.) The accuracy with which the entry vehicle
achieves a preselected landing site will decrease as B is in-
creased. The trajectory of the spacecraft can be corrected a
number of times during the long interplanetary flight, but each
such correction may require a rather complex maneuver and
a midcourse engine burn. One to three such corrections are
usually considered. The first reduces the dispersion due to
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ascent and injection guidance errors; subsequent corrections
refine the first and allow removal of other effects, such as solar
pressure and meteorite impact. The remaining 1o dispersion
in B after the first correction may be as large as 15,000 km;
after two corrections, 1000 km; after three corrections, it can
be reduced to as low as 150 km. The total 1o dispersion in
landing point due to errors in spacecraft position at lander
separation and errors in the magnitude and dircction of the
subsequently applied velocity increment can be kept in the
range of 180 to 300 km.

Communication Considerations

Communieation with Earth could be accomplished by
either direct link from the lander to the DSIF stations on
Earth or by relay link through the flyby bus or orbiter bus to
the DSIF stations on Farth. A host of factors govern com-
munications weight for any given mission. Weights of some
components vary with transmitter power, but others do not.
The simplest communication system for a relatively low data-
rate atmospheric probe could be designed for about 15 1b,
whereas the system for a long-lifetime lander may weigh over
200 1b.

During the lander vehicle’s entry and descent, relay com-
munications may prove to be the more practical. As an
alternative, data can be gathered and stored during descent
and then transmitted after impact via direet link to Earth.
All communications may be interrupted temporarily during
planetary entry by the plasma sheath that surrounds the
lander, severely attenuating transmitted signals. After im-
pact, either direct or relay communications links eould be
used. The performance margin 3 of a communications sys-
tem 1s the degree to which the received signal level exceeds
the operating threshold level. It is given by

W = PG/K.B,FL.L.L.R... 1)

where P, is the transmitted power (watts); G is the total
antenna gain; K, is the noise power density (watts per cycles
per second); B, is the receiver bandwidth (cyeles per second):
I’ is the receiver noise figure; L. is the total cireuit loss; I,
is the free space loss; L. is the sum of atmospheric losses
(Earth and Mars); and R,.. is the threshold signal-to-noise
ratio. A brief discussion of these factors is given below for
both the direct and relay hnks.

Direct link system

A summary of the capabilitics of the DSIF stations on
Earth? is presented in Table 1. For the direct link system,
P, from a lander is limited primarily by the availability of
proved power amplifier devices at the required S-band fre-
quency. Devices are presently available at P, < 20 w, and
power tubes yielding up to 100 w are under development.
The transmitter power is further constrained by the lander
power source, which becomes an acute problem for long mis-
sions. Special precautions are necessary to prevent corona
and voltage breakdown in cables, connectors, and antennas
if high transmitter power levels are used in the tenuous Mar-
tian atmosphere; the antenna might be placed within a pres-
surized or evacuated radome to assure against the occurrence
of these phenomena. The total gain & is the produet of the
gain of the 210-ft DSIF receiving antenna (60 db is worst
case) and the gain of the lander transmitting antenna, which
is limited primarily by the size and antenna-pointing cap-
ability of the lander. (If the 210-ft dishes are not available
for any reason, the 85-ft dishes should be considered as well.)
A practical upper limit on antenna diameters of 8 ft (or more)
appear practical for landers, resulting in a maximum on-axis
gain of 32 db. Polarization losses should also be included in
G (3 db if linearly polarized transmission is used). The noise
power density K, is determined by the receiver noise tempera-
ture (33°K worst case for the DSIF) and is —183.2 dbm.
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The total power required to establish a synchronous detec-
tion communication link is the sum of that required for the
carrier channel, the synchronization channel, and the data
transmission channel. Equation (1) must be employed in-
dependently for the three calculations. The data noise band-
width is equal to the bit rate, but, due to the mixing process
in the receiver, the synchronization and carrier channel ef-
fective noise bandwidths are twice the actual bandwidth.
The effective noise bandwidth normally used is 5, 10, or 20
cps. For typical S-band operation, the receiver noise figure
F s 3 or 4 db.

The receiving circuit loss in the DSIF is less than 0.1 db,
whereas the transmitting circuit loss is typically 1 or 2 db.
The over-all circuit loss L. is therefore taken to 2.1 db.
Free space loss L, (transmitted energy that misses the re-
ceiving antenna) varies directly with the squares of frequency
f and communications range R so that

Ls = 32.46 + 20 logwf + 20 long (2)

where L, is in decibels, f is in megacyeles, and B is in kilom-
eters. Atmospheric attenuation loss I, is negligible for fre-
quencies below 10* Mc except during the high-velocity por-
tion of the entry during which plasma attenuation causes a
temporary blackout.

The R... requirements vary for the threec separate power
calculations.’> 1 The carrier channel signal-to-noise ratio
should be at least 6 db for adequate performance,'2714 whereas
for the synchronization channel it should be approximately 10
db, and for the data channel the requirement varies with the
modulation technique used and the desired bit error prob-
ability as shown in Fig. 3.15 16 At least 2 db must be al-
lowed in each case to account for off-theoretical performance.

The PCM/PSK/PM S-band system used for direct trans-
mission to Earth allows bit rates dependent upon the lander’s
P @G product and the range involved. Figure 4a shows the
power gain product required for transmission at various bit
rates and interplanetary ranges. The worst case gain of the
210-ft DSIF receiving antenna (60 db) and a carrier loop
bandwidth of 5 eps were used in the calculations. Therefore,
PG involves only the transmitting antenna gain explicitly.

Relay link system

Relay comnmunication links could be designed at a variety
of frequencics. Since the required PG varies dircetly with
/2, it is desirable to use as low a frequency as possible, but the
maximum practical antenna diameter imposes a lower limit
on f. Figure 4b shows the power gain product required for a
PCM/PSK/PM modulated relay communications system for
various bit rates as a function of R for a carrier {requency of
1000 Mc and receiver loop bandwidth of 100 c¢ps. [The

Table 1 Deep Space Instrumentation Facility

Characteristics
Transmit Receive
f, M. 2110.00-2111.83  2290.00-2293.33

2111.83-2114.83 2293 .33-2296 .67
2114 .83-2120.00 2296 .67-2300.00

Feed location Cassegrain Cassegrain
Py, kw: Goldstone, Calif. 100
Woomera,
Australia 10
Johannesburg,
S. Africa 10 S
Noise temp, °K o 28 =4 5
Noise bandwidth, eps o 2-250
Antenna diam, ft 85 210
Gain, db 51 &= 1 61 + 1
Feed line loss, db 0.4 max 0.2 max
Beamwidth, deg® 0.35 0.10

¢ Beam can have either left-hand or right-hand circular polarization.
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Fig. 3 Signal-to-noise ratio requirements as a function
of bil error probability for different binary modulation
schemes.

antenna gain is taken to be the sum of the transmitting and
recelving antenna gains (in decibels) less the appropriate
pointing losses.] This system is efficient, but it has serious
drawbacks as a relay communications link. The time re-
quired for a phase-lock receiver to acquire and lock onto the
received signal varies upward from 10 sec, depending on the
receiver loop bandwidth (for typical relay links, 100 ¢ps offers
a reasonable compromise between acquisition time and re-
cetver sensitivity).'” This time reduces the time available
for data transmission between exit from blackout and vehicle
surface impact.  For small vehicles without descent retarda-
tion systems (such as light-weight atmospheric probes) or
for larger vehicles that have experienced a failure in the re-
tardation system, this time loss may be very serious, and it will
be aggravated if a very low density atmosphere is encountered
on Mars,

A second problem, peculiar with a relay link, is the wide
range of lander-to-flyby look angles which must be accom-
modated; this variation necessitates the use of a narrow-beam
antenna with its attendant complex erection and aiming
system, or the use of a broad-beam antenna on the lander,
which creates a potential multipath problem for modulation
schemes such as PCM/PSK/PM. Several different modula-

35
{BIT RATE =
lloco BPS

30—

[
B8 =100CPS
F=1000MC

BIT RATE=
10,000BPS

POWER GAIN PRODUCT,P, G ,dbw

G=60DB{DS!IF RECEIVER)
F=2300MC

[
5x10°
SLANT RANGE, kilometers

a) DIRECT LINK

SLANT RANGE ,kilometers
b) RELAY LINK

Fig. 4 Transmitler power-antenna gain product require-

ments for direct and relay link communications systems

wilth different bit rates as a function of communications
range.
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tlon schemes have been proposed to overcome this multi-
path problem. The most practical of these appears to be a
pulsed linear chirp technique,® which uses the same tech-
nique employed in pulse compression radar to avoid inter-
ference between signals arriving at the receiver via different
transmission paths. A penalty of approximately 9 db is in-
curred in R,.:, however (Fig. 3).

Power Sources

The selection of a power source for Mars landers 1s restricted
by the requirement for sterilization; the dry heat technique
provides a destructive environment for many components.
The occasional cloud cover on Mars also limits the use of
solar energy converters as postlanding power sources. Open
cycle (i.e., entailing production of waste products) power
sources are undesirable due to possible contamination of
scientific experiments. Therefore, the useful types of power
supplies are sterilizable batteries, fuel cells, and radioisotope
or pure nuclear thermoelectric or thermionic generators
(RTG). FEach is useful in a distinct regime as shown in Fig.
5. Among batteries, Ni-Cd batteries have been shown to be
dry heat sterilizable,'® but other types show promise of higher
specific power output than the present 6-10 w-hr/lb. The
regenerative fuel cell (closed cycle) appears to be competitive
for missions exceeding 8 to 10 hr and provides from 15 to100
w-hr/lb, depending upon the magnitude and duration of its
use.?2 Very little work has been done to develop a steriliz-
able fuel cell, but there appears to be no basic difficulty in
doing so.

The RTG, which provides a power scurce rather than an
energy source, 1s essential for missions exceeding one
month.2t 22 The RTG provides 2-4 w/lb but may create a
severe thermal control problem, because the thermoclectrie
converter operates at 1500°F and could require large radia-
tion cooling surfaces to maintain a reasonable internal tem-
perature environment for the other lander subsystems. The
radioisotopes curium 224 and plutonium 238 appear best
suited for this application, which requires a long half-life.
Neither isotope requires excessive shielding, but both present
an availability problem. RTG development now underway
is expected to be sufficiently advanced by 1969 to be useful in
providing power sources for the early Mars landers.?

Mars Entry Problem

Mars Atmospherie Models
Atmospheric characteristics play a strong role in establish-

ing entry vehicle design criteria. Earth-based observations
of Mars have yielded useful but fragmentary data that leave
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Fig. 5 Projected power-timme operating regimes for
sterilizable power sources.
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considerable uncertainties in these characteristics. Many
atmospheric models have been postulated; for design pur-
poses, the worst combination of conditions is often chosen.
The atmospheric characteristics that most heavily influence
the lander design are surface pressure, atmospheric composi-
tion, and vertical structure of the atmosphere. The surface
pressure determines the maximum vehicle ballistic parameter
(m/CpA, slug/square foot) required to achieve suitable entry
deceleration. High wind velocities can result in high landing
impact velocities, even though the vertical descent velocity
component is small.  Atmospheric composition affeets radia-
tive heat transfer during entry, and vertical structure (e.g.,
scale height) governs peak deceleration loads.

Regarding surface pressure (psr) the most recent esti-
mates by Kaplan, Munch, and Spinrad?* (based on spectro-
scopic observations) indicate that it may be as low as 10
mb (i.e., 1072 atm). Heretofore, there had been general
concurrence (e.g., the survey of Rasool?) that the nominal
Dsurt Was 85 mb, with a minimum value of 41 mb (Schilling).2
Early estimates on the correlation of the CO, concentration
and pe,r were made by Grandjean and Goody?# based on the
analysis of Kuiper’s® spectroscopic observations (1947), and
indicated p.urs as low as 13 mb for a 1009, CO, atmosphere.
The possibility that pe.s is as low as 10 mb is a key factor
affecting the design of entry vehicles for Mars.

A summary of observations of moving cloud formations
(wind velocity) is given by DeVaucouleurs.? The peak
velocity of the observed yellow cloud systems is 91 fps.  The
altitude of these clouds is estimated to be on the order or
20,000 ft.%5 Recent NASA-sponsored lander studies® have
considered winds in the low-pressure model atmospheres
as high as 200 fps.

The possibility of high winds is extremely important, be-
cause the additional nonpayload weight necessary to attenu-
ate the impact loads increases as the square of the impact
velocity. Recent spectroscopic observations?* indicate an
abundance of CO, in the atmosphere, 55 £+ 20 m-atm. From
this the mole fraction of CO,, Xco, can be deduced as a func-
tion of the surface pressure. The remainder of the gas in the
atmosphere probably is nitrogen and/or argon.?* Figure 6
shows that the Xco, becomes large in the low-pressure models;
hence the molecular weight (M) of the atmosphere is also
higher. Various CO,-Ny-A mixtures have been selected for
entry studies; e.g., Haurlan,® Spiegel,®' and Levin, Evans,
and Stevens.’? A summary of infrared radiometric observa-
tions® indicates surface temperatures of 220° to 300°K, de-
pending on latitude and season. The temperature gradient
through the troposphere should be close to the adiabatic lapse
rate, since the atmosphere has a negligible water content.
The temperature in the stratosphere is estimated to be as low
as 130°K (the solidification temperature for CO,). Several
recent model atmospheres are summarized in Table 2,%
wherein the temperature gradient in the troposphere is as-
sumed linear, and above the tropopause the temperature is
assumed to be constant up to the entry altitude. The
molecular weight (37) is presently considered to be constant

Table 2 Interim low-pressure model atmospheres for
Mars? (g, = 12.3 fi/sec? for each)

Model atmosphere

Property G H 1 J K
Psuri, Mb 11 11 15 30 30
psf 23.0 23.0 31.3 62 6 62.6
Tstrany °K 130 230 180 130 23
Xcoe 0.648 0.648 0.433 0.105 0.105
Xa 0.352 0.352 0.322 0.130 0.130
Xn, 0 0 0.245 0.765 0.765
M 42 .6 42.6 38.8 31.3 31.3
Pscate, kit 22 2 39.3 33.7 30.2 53.5

“ E. Framan, Ref. 30, Appendix B.
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surface pressure.

with altitude up to the entry altitude at which the first sig-
nificant thermal effects of entry occur.

The smallest scale height in Table 2 is close to the value for
Earth; hence, for that atmosphere, peak loads could be simu-
lated by Earth flight tests duplicating the entry vclocity,
flight path angle, and the drag characteristics of the entry
vehicle. Similarly, Earth flight test simulation of peak con-
vective heating is also possible, since ground tests and theory
indicate that composition has only a small effect on the con-
vective heating over the range of entry velocities (V, <29,000
fps) presently being considered for unmanned missions.
Since only peurr and Xco, are presently correlated, modifica-
tions and/or additions to these models will continue as more
data become available, e.g., Ref. 32.

Entry Vehicle Design Considerations

The possibility of encountering very low surface pressures
makes high-drag configurations essential for a lander. Ve-
hicle stability (both hypersonic and subsonic) is an important
factor, beeause oscillations affect the drag characteristies and
communications (due to antenna orientation changes with
angle of attack). These factors, as well as the heat protec-
tion requirements, effects of drag deceleration loads and con-
figuration on structure requirements, and the parachute or
other auxiliary drag devices and impact attenuation systems
for landing, have recently been reviewed by Roberts®® and are
discussed below.

Ballistic parameter (m/CpA) requirements

The surface pressure sharply influences the m/Cpd re-
quirements, as shown in Fig. 7, for vertical entry for several
mission criteria. The m/CpA referred to here is the nominal
hypersonic value at zero angle of attack (a = 0); the actual
value depends on the o motions and vehicle shape, as dis-
cussed later. The uppermost curve represents the maximum
allowable m/CpA for a blunt entry vehicle, which could com-
municate for 10 sce (allowing 10 sec for acquisition of the
telemetry signal) following the communication blackout due
to peak ionization. Eleetron density studies in various at-
mospheres?* indicate that the blackout problem is grossly
similar to that for Earth, and exit from blackout is likely
when the velocity has decreased to 8000 fps.

Since Mars rotates at about the samc rate as Earth, the
atmosphere has a speed of about 800 fps at its equator. A
vehicle entering from space may not acquire the tangential
speed of the atmosphere if its m/CpA is too high. For a
vehicle entering the atmosphere normally (y, = —90°), the
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velocity acquired by the vehicle due to a side wind is given
approximately by V, = V,, [1 — exp(—CpAp/2mg)]. 'The
curve labeled “95%, of atmosphere speed” in Fig. 7 reflects
the requirement for an entry vehicle to acquire 95% of the
rotational speed of the atmosphere prior to impact at the
equator. The requirements for decelerating to Mach 2.5 at
20,000 ft (where a supersonic parachute could be deployed)
and to Mach 1.0 at 10,000 ft (the limit for subsonic parachute
deployment or for a probe without a parachute where sub-
sonic terminal flight is desired) are also shown. The most
stringent demands for low m/CpA result from missions re-
quiring landing and survival without auxiliary decelerators,
thereby requiring relatively low impact velocities (from 600
10 300 fps; see two lower curves).

1t is seen that, if pe.r = 10 mb, all missions require m/Cpd’s
of less than 0.3 slug/ft2.  An m/CpA of as low as 0.1 slug/ft?
may be necessary if it is vequired that Viypeer speed <300 fps
even if a parachute system malfunctions. The allowable
m/CpA can be increased by using a shallower entry angle,
since the permissible m/CpA varies roughly with (sinvy,) .
However, even if the nominal entry angle is shallow, the pos-
sible failure mode of vertical entry is likely to be a design
requirement for the initial missions.

The Taunch vehicle shroud dimension constraints coupled
with the requirement for low m/CpA may further limit the
allowable entry vehicle weight (W.) as the maximum entry
weight is W, = 25 (m/CpA)CpD%:  With entry vehicle
diameter (and drag area) limited by shroud diameter, the
allowable W, for a given m/CpA can be adjusted only hy
varying O (for fixed geometry vehicles). The large diameter
of the Saturn provides ample confingeney for planning a
heavy lander mission in the event that the surface pressure is
as low as 10 mb.

Entry flight regimes

The combination of the atmospheric models of Table 2 with
mission requirements results in the definition of flight regimes
within the Mars atmosphere as depicted in Fig. 8. The
zones where peak Reynolds number (Re) peak dynamic (load
pressure(q..), and peak convective heating (Q.) occur are indi-

J. SPACECRAFT

cated by the shaded regions). A 10-mb surface pressure on
Mars is equivalent to 100 kft on Earth, and thus important
entry events are seen to occur in the equivalent altitude range
of 160 kft. The range of peak radiative heating (Q,) Ties be-
tween peak ¢, and peak )., depending on the gas composition.
Note that 109, of peak Q. occurs at equivalent altitudes be-
tween 290 and 300 kft. [The occurrence of these events can
be predicted using simplified trajectory (isothermal atmos-
phere, straight line trajectory) relationships 3 wherein any
function in the form of peV? has a peak when the flight velocity
is V = V. and the ambient pressure is P = —(a/b)
(2 mg/CpA) siny.. Stagnation-point ¢, has an a/b = 0.16,
depending upon gas composition: @, has a value of a/b =
0.20, depending on V. and gas composition; ¢, has a/b =
0.50; and Re has a/b = 1.0.] Peak g.. can occur within the
troposphere for some of the atmospheres. With respect to
turbulent heating, a transition to turbulent flow is expected
at altitudes slightly below 200 kft (based on Re = 300,000 at
the sonic point).

The appearance of significant nonequilibriam radiation
effects can also be inferred from Fig. 8. (The extent of the
nonequilibrium radiation region is governed by various re-
laxation processes and is therefore a function of V and p.)
At pressures below the line labeled “nonequilibrium radiation
dominates,” the entire radiating shock layer at the stagnation
point is out of equilibrium. This demarcation is based on
data,’ which indicate that for COs-N, mixtures the depth of
the nonequilibrium region behind the normal shock at the
stagnation point appears to be 3 to 6 times as large as that for
air. The results of Howe and Viegas¥ on the relaxation
time for CO, behind a normal shock have been used in Fig. 8
to indicate the regime where chemical relaxation effects are
significant. At present, the chemistry of the gas mixtures of
interest is relatively unknown; but it is apparent that in the
altitude region on Mars where significant heat fluxes oceur,
the flow in the shock layer and the boundary layer is likely to
be out of equilibrium. The zone where strong viscous inter-
action exists® has also been identified on Fig. 8. It is ap-
parent that strong vorticity interactions exist especially for
small vehicles.
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Aerodynamic stability requirements

The stability requirements and resultant problem areas
stem in part from the nature of the Mars atmosphere and in
part from mission requirements. For example, an entry
vehicle can be integrated with a flyby spacecraft (similar to
Mariner 4), which has the necessary guidance and control
systems to assure a successful planetary encounter. The
entry vehicle will most likely be enclosed within a sealed
canister insuring a contamination barrier between it and the
flyby bus. Furthermore, if the flyby bus is unsterilized, it
must either fly a biased trajectory to insure that it does not
impact the planet or it must be deflected to avoid impacting
the planet. In the former case, the entry vehicle must have
its own propulsion system and a thrust vector control (TVC)
system. Several approaches to the TVC are possible such as
active or spin systems. In the event that the entry vehicle is
spun, upon separation from the bus, the initial entry condi-
tions at the planet will depend on the attitude of the vehicle
when it is spun and whether or not it is despun prior to start
of entry. Depending on the separation approach, the entry
angle of attack (a) can be larger than 90° (or could be small)
and the vehicle could have a high spin rate. The entry
vehicle may have to be despun prior to entry if the magnitudes
of the moments of inertia about the pitch, yaw, and roll axes
are similar to avoid the possibility of spin axis transfer result-
ing in large pitch rates at entry.

To assure that the vehicle will right itself sufficiently prior
to peak heating and loads, regardless of entry attitude and the
various combinations of pitch, yaw, and roll rates, the vehicle
configuration must have a single stable trim point (at « = 0)
and good stability characteristics. Configurations that have
received extensive study for the low-pressure model atmos-
pheres are summarized in Fig. 9. The remarks relating to
low-speed stability, to trim problems at o = 180°, and struc-
tural weight are based on references indicated in Fig. 9. In
some instances where data are incomplete or unpublished,
the low-speed-stability performance is an estimate only.
The local drag coefficients, Sy/CpA and Sup/CnA, refer to
those portions of the total surface area which experience high
heating and low heating, respectively; these parameters re-
late to heat shicld and structural weight requirements, as dis-
cussed later.

In the absence of a parachute system or in the event of
parachute failure, it is extremely desirable to have a vehicle
that is statically and dynamieally stable throughout the entire
Mach number range, so that the antenna orientation remains
relatively fixed (for more favorable gain characteristics, lower
transmitter power level, and alleviation of multipath effects).
Large « oscillations would also hinder data gathering and in-
terpretation. Tests® indicate that high-drag vehicles can be
designed to be dynamically stable at subsonic speeds, and the

configurations without afterbodies exemplify a plausible
approach to this.

A further consideration is the variation in drag coefficient
with angle of attack. Figure 10 shows the variation of Cp with
« as estimated by Newtonian theory for the configurations of
Fig. 9. These configurations, which were designed for high
Cpr at a = 0 together with small surface area in order to
minimize heat shield and structural weights, show a marked
decrease in drag near « = 90° (particularly those without
afterbodies). The configurations with afterbodies continue
to show fairly low drag to « = 180°. The vehicle should
have the proper combination of drag and stability to insure a
low effective m/CpA throughout its flight. Changes in drag
due to « effects can alter the trajectory significantly, increas-
ing the peak stagnation pressures and heating rates and re-
ducing the altitude at which a parachute could be deployed.
Blunt-body studies*? indicate that the effective m/CpA is
generally 10-209% higher than the value for a = 0, depending:
on the severity of the entry conditions, stability characteris~
tics, inertias, ete.

In view of the preceding considerations, the question of
dynamic stability for the blunt, high-drag bodies assumes a.
position of extreme importance. The dynamic stability-
criterion of Allens illustrates the divergent aspects of high hy-~
personic drag and dynamic stability. For stability, it is re~
quired that

Cp — Cro+ (Coy + Cry) /o) <0

By Newtonian theory, Cro = 2(1 — Cp) at small angle of
attack, so that

3Cp = 2+ (Coy + Crg)(l/0)? <0

For high-drag vehicles for which C'» =~ 1.5, it is of utmost im-
portance to have at least a small favorable (C,,, + C..;) and a
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large value of I/o. (The preceding terms are defined in the
Nomenclature.)

Several factors combine to make the achievement of ade-
quate stability for the very blunt wvehicles quite feasible.
First, the initial convergence of « from entry through peak
heating and down to peak deceleration is adequate for the
blunt vehicles, since the dominating cause of convergence is
the rapid rise in ¢., thus effectively increasing the spring
constant of the system. Second, the packaging of the low
m/CpA vehicle is well suited to concentrating the payload
about the c.g., thereby making the value of [/o large, e.g.,
3-5. Third, small amounts of damping exist if the c.g. is
sufficiently far forward. For example, Fig. 11 illustrates the
variation of C,, calculated by Newtonian theory as a func-
tion of ¢.g. position (o = 0) for the high Cp, configurations of
Fig. 9. The damping term is significant for these shapes and
the amplification by the (I/¢)? term provides adequate stabil-
ity at high Mach numbers. Finally, more detailed analyses
of the dynamic stability requirements, such as those by Som-
mer and Tobak 52 indicate that « will converge at altitudes
below peak ¢., even for small positive values of the dynamic
stability parameter. A parametric study of aerodynamic
damping requirements? indicates that a value of (Cn, -+
Cng) on the order of —0.10 is adequate to ensure such con-
vergence for configuration 1 of Fig. 9. Gas composition has a
significant effect on drag and stability for configurations such
as cylinder flares but little effect for blunt, high-drag sphere
cones.’ 54

Convective heating environment

Atmospheric scale height and composition affect the con-
vective heating. If one chooses a mean nominal value of
hscate, the uncertainty between various atmospheres (sce
Table 2) in stagnation point heating is =209, since Queaic ~
3% and @ ~ 8705,  For turbulent flow, the uncertainty in
Qpearc 18 309, since Queu  B8°-%, whereas the uncertainty in @
i8 7%, as Q ~ B~0.2,

Experimental heat-transfer results for No-CO, mixtures as
well as theoretical studies have been reported widely. Com-
prehensive bibliographies are given in Refs. 55-59. A partial
summary of results pertinent to Mars entry is given in Fig. 12,
which shows calculations by Sones® for mixtures correspond-
ing to the G, H, I, J, K model atmospheres. Sones used the
equilibrium transport properties based on the work of Yos.t
Similar analytical results by Hoshizaki,® Van Tassell ¢ and
TFay and Kemp,® all based on thermodynamic equilibrium,
are also shown for comparison. The results are also ex-
pected to hold well for nonequilibrium conditions, since consid-
eration of the limiting case of frozen flow has not led to large
differences for velocities of interest. Experimental results for
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CO,-N; mixtures tend to fall slightly below all of the theories
(see the shaded region, which represents results of Collins®
for 99, COs, 909, N, and 19 A); similar results are found in
Ref. 55.

The analytical results of Sones show only a small effect of
composition, but experimental results® for mixtures with
significant A concentrations (sce triangles in I'ig. 12) show
substantially higher ¢ at high velocities. The reason for this
increase is not fully understood but may stem in part from
radiative heating effects, because adding A can greatly in-
crease the radiative heating due to the resultant higher tem-
peratures for given flight velocities. Theoretical resultsss
indicate as much as a ten-fold increase in the radiation from
CO:-N, mixtures at 35,000 {ps when A was added. The pos-
sibility of large concentrations of A on Mars could affect the
convective heating. Theoretical results by Finson and
Kemp®* for pure A indicate @’s about 309, higher than those
obtained for CO;-N, mixtures in the low speed range (see
Fig. 12). Experimental results® % show good agreement.
The effects of A in the velocity range for peak heating for the
1969 and 1971 Mars missions could increase the convective
heating by at most 309 over the CO»-N, mixtures. The re-
sults shown in Fig. 12 ean be used to ascertain the peak heat-
ing rates that are likely to be encountered. By approxi-
mate trajectory theory, the stagnation pressure at peak heat-
ing is given by

Ps = —1.6 (m/CprA)(B X 109 (V /1042 sinvy,

where V =~ 0.85 V.. Hence, the peak values of stagnation
pressure at peak heating are about 1 atm, and the peak heat
rate appears to be 650 Ry~Y2 Btu/ft>sec for m/Cpd =
0.25 slug/ft? and V, = 26,000 fps.

Radiative heating environment

The formation of cyanogen (CN) behind the bow shock
wave leads to large increases in radiation over what is custom-
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Fig. 12 Stagnation-point convective heating dependence
on flight velocity and comparison of theoretical predic-
tions with experimental results.
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arily observed for Earth entries of comparable velocities.
Experimental results® =69 in N»-CO» A mixtures are sum-
marized in Fig. 13 together with theoretical predictions.*
The initial rise in radiation is due to the increase in molecular
band emission as V increases, but as V continues to increase,
the molecular concentrations diminish rapidly due to disso-
ciation; hence, a plateau exists between 25,000 to 30,000 fps.
As V increases still further, the concentrations of lonized
particles increase rapidly and continuum radiation domi-
nates.  Wolf and Horton®® have shown that the addition of A
shifts the plateau region to lower velocities, because the
monatomic A raises the gas temperature, leading to dissocia-
tion and ionization at lower speeds.

Comparative heat pulses using the method of Levine*
arce shown in Fig. 14 for the five atmospheric models. The J
atmosphere (119 CO,, 75% N., 139, A) gives the highest
radiative heating. The estimated effects of the nonequilib-
rium radiation are also indicated. The dashed lines cor-
respond to the sum of the equilibrium plus nonequilibrium
radiative heating, whereas the solid lines represent the equi-
librium portion only. For shallower ., the relative propor-
tions of nonequilibrium radiation will increase over those
shown in Fig. 14.

The results show that the peak equilibrium radiative heat-
ing is roughly given by @, = 50 Ry Btu/ft>secc for m/Cpd =
0.25 slug/ft? and V, = 26,000 fps. Scaling the noncquilib-
rium contributions is more complicated, but, in general, it
appears that the peak radiative heating will be less than 1000
Btu/ft2-sec, even for large, blunt landers, if the swrface pres-
sure estimates and hence the allowable values of m/CpA re-
main low. The peak stagnation convective heating was pre-
viously noted as ). =~ 650 Ry—1/? Btu/ft>sec, indicating a
crossover at Ry ~ 5 {t, where the two heating components
are equal for the selected conditions.,

Heat shield and structure requirements

As a result of the low-surface pressure estimates and the
conscquent low m/CpA required under certain mission con-
straints, the heat shield and structure assume much greater
mportance than in a conventional ICBM or satellite entry
vehicle. For example, the ratio of heat shield and structural
weight to entry weight is expressible as Wys/W, = (Wgs/S)
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alone.

(S/CpA)(Cpd/m)(5), where Wys/S is weight/total surface
area, and S/CpA is a geometric factor, which can be broken
down into surfaces exposed to high heating and loads Sy/Cp.A
and to low heating and loads Suz/Cpd where S = Sy +
Saiz. The values for configurations 1-7 are given in Fig. 9.

Figure 15 depicts Wyus/W, vs m/CpA for configuration 1.
The range of diameters covers small capsules (~40 in.) short
lifetime landers (~60 in.) and long lifetime landers (90-150
in.); the dimensionally smaller vehicles have a more favor-
able heat shield and structural weight fraction. The weights
are based on a composite construction of the nose cap using
an ablator bonded to an Al honeycomb substructure. The
afterbody consists of a high-temperature Be structure, which
serves as the heat shield as well. It is scen that the effects
of low surface pressure, requiring a low m/Cp.A for certain
missions, impose significant Wys penalties. Conversely,
at high m/CpA, payload packaging becomes more difficult
for a fixed diamcter vehicle if a suitable c.g. position is to be
maintained. The e.g. limitations (necessary to meet, the re-
quirement for a single stable trim point regardless of entry

.5 I
-
X
i) DIAMETER
g a4 INCHES
40 60 90 150
-
<<
e
Elz
<O
Ez o3
Pk
o
-
(=114
Z|=
Nk
52 CONFIGURATION (D)
w ALUM. HYCB. AND ABLATOR
z FOREBODY
- BERYLLIUM AFTERBODY
g 1L v =24000 Fps _
I
T, | !
2

3 4 5
BALLISTIC PARAMETER m/CyA, slugs/ ft2

Fig. 15 Effect of entry vehicle ballistic parameter on the
required heat shield and structure weight for different dia~
meter but fixed configuration vehicles (configuration 1 of

Fig. 9)



140 LEVINE, ELLIS, AND GEORGIEV

ool 1 T T T ]

o
3

90 INCH DIA
m/CoA=0.25 SLUGS/FT?
K ATMOSPHERE

Ye ~20DEG
-40DEG — - —=-—-—

o
o0
I

o
o

8T

W\
©

|

T

=/
7 (D ABLATOR H.S,ALUM. STR.

@ FOREBODY ABLATOR AND
ALUMINUM, AFTERBODY BERYLLIUM

@ ALL BERYLLIUM

L

i2 14 16 18 20 22 24x103
ENTRY VELOCITY, fps

HEAT SHIELD-STRUCTURE WEIGHT FRACTION, Wyg /W,
o
>

T

Fig. 16 Effect of entry velocity on the heat shield and
structure weight for different entry angles and different
heat-shield-structure materials.

attitude) result in a strong interaction between m/CpA, pay-
load constraints, and vehicle configurations, and this also af-
fects Wgs/W..

The effects of V, and vy, on Wxs/W. are shown in Fig. 16
for two heat-protection and structure schemes and for an
all-Be structure. The effects of V, on Wgs/W, are small for
the ablation protected structures, due in part to the radia-
tion heating plateau in the range of 24,000 to 28,000 fps (see
Fig. 18) and in part to the increased material ablation ef-
ficiency at higher velocities as the heat pulse time is shortened
and the enthalpy is increased. Lower integrated heat loads
and shorter heating times also explain the beneficial effect of
higher .. The all-Be high-temperature structure becomes
competitive with ablator designs at velocities below 16,000 to
18,000 fps (approximately the escape velocity for Mars).
The influence of atmospheric models on Wgs/W, studied in
Ref. 42 indicated only a 159, variation between atmospheres
G, H,I,J, K for V, = 27,000 fps. Thus, the total variation
due to scale height and composition differences may be rcla-
tively small if efficient ablators and lightweight structural de-
sign techniques are used.

To account for the increase in effective m/Cpd at a = 0,
the m/CpA at « = 0 must be made still smaller, and this re-
duction in m/CpA leads to higher Wys/W,, as indicated in
Fig. 15. Reductions of m/CpA by as much as 209, may be

Table 3 Laminar are test results for N, and CO; mixtures
at ~8600 Buu/lb gas enthalpy

Yo CO: Qe

Density, in Btu/ft? X Sample mass

Material Ib/ft?  mixture 102 loss, %
Teflon 135 0-10 120-134 16.1-16.6
Noncharring

epoxy 66.2 0-10 120-134 22.5-23.9
Charring 36.4 0 128 9.1

Epoxy e 5 120 13.8

Silica .. 10 134 16.0

@ Q is cold wall heat load at stagnation point for 2-min run.
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necessary, depending on vehicle configuration, stability, and
entry conditions. Furthermore, heating and loads on the
afterbody (and possibly the forebody, depending on con-
figuration) are increased by « variations. For example, in-
creasing the spin rate from 10 to 40 rpm at entry (a, = 179°)
increased Wys by 159 due to the persistence of large a deep
into entry .42

With respect to vehicle configuration, comparisons*? indi-
cate that configuration 2 requires 129, more Wgs than con-
figuration 1, because the latter has smaller total (S/CpA).
Comparison* of configurations 3 and 4 showed that 10 to
309, more Wys is required for the conical configuration.
The difference is due to the buckling failure mode of the
structure for the cone, whereas configuration 4 is designed for
tensile yield and minimum gage considerations.

Configurations 5 and 1 have similar forebody sections and
the Wysis 5 to 109, less for 5. The sphere 6 has a relatively
heavy heat shield and structure due to its large S/C'pA, but
for special missions it is attractive because its drag is inde-
pendent of «. Configuration 7 represents an attempt to
minimize the volume requirement of an entry vehicle; heat
shield must be provided fore and aft, since it has two stable
trim points, and this results in high Wgs.

The problem of dry heat sterilization has a significant in-
fluence on the choice of materials. 1If a composite construe-
tion (e.g., an ablator with an Al substructure) is used, the
thermal expansion coefficients must be compatible in the
sterilization temperature range. At the same time, during
interplanetary flight, the cold soak requirements for the heat
shield may run as low as —100°F.% The need for thermal
control coatings of high quality to provide for temperature
stabilization of the payload during transit to Mars and after
separation from the bus is also interwoven with the steriliza-
tion problem, since the thermal control coating must survive
sterilization without degradation. The use of an RF-trans-
parent heat shield and structure at the antenna location is also
an important consideration for many missions. Noncharring
ablators and nonmetallic structures would be required for
those portions of the vehicle.

The heat shield material should have a high efficiency over a
wide range of heating rates. Low thermal conductivity is
particularly desirable. Materials that have a liquid phase
may be troublesome for the low heat input pulses, since sig-
nificant material loss could occur from melting and runoff.
The performance of charring materials is sensitive to oxygen
content and enthalpy levels (which are relatively low for
early missions).”072  Table 3 summarizes test results on
the effects of CO, concentration on material performance.
The charring material (epoxy silica) appears to be significantly
affected, whereas the noncharring materials display little ef-
fect. With the likelihood of large concentrations of CO,
in the atmosphere, it would be desirable to have a material
insensitive to oxidation effects. The shear levels expected
during entry are a strong function of the m/CpA and hence
of the estimated range of surface pressure. Since the uncer-
tainties in surface pressure could result in a pressure as large
as 50 mb, it would be wise to develop materials that can
handle the shear stresses for vehicles designed for such denser
atmospheres with peak laminar shear stresses as large as 25
psf.  The material must also be opaque to the radiation heat-
ing and should have a high heat of vaporization to insure good
performance for heat pulses that contain a large amount of
radiation. Still another major consideration is fabricability,
since the heat-shield thickness may be as low as 0.2 in. for
an 8-ft-diam vehicle. Materials with rheological properties
or those that can be molded directly to the structure are
clearly desirable. Other concepts, such as an integral heat-
shield and structure utilizing reinforcements, may alleviate a
number of the fabrication and thermostructural problems.
Finally good mechanical properties would be advantageous
because of the aeroelastic aspects of lightweight entry vehicle
structures.
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Descent parachute system requirements

The possibility of encountering low surface pressures on
Mars has led to increased emphasis on parachute deceleration
systems. Recent developments’™ 7 in supersonic para-
chutes have indicated a solution to the stability problem, but
Mach number limits are imposed by aerodynamic heating
and loading. The ambient temperatures at low altitude can
be as high as 260°K, and since the ratios of specific heats
(v = ¢,/c,) for all the atmospheric models suggested are close
to 1.4, the maximum allowable Mach numbers are about
3 for Nylon and 4 for Nomex fabrics.

The parachute descent system for small-capsule missions
that do not survive impact must be designed to meet descent
time requirements necessary to perform experiments and
play out the data prior to impact. Single-chute and multi-
ple-chute systems have been considered. The minimum
altitude at which the main chute can be deployed is a function
of terrain uncertainties and mission requirements. For a
low m/Cpd, Wgs/W. is large and parachute system weight is
low. At higher m/CpA’s (and lower Wgs/W.), the drogue
parachute weight increases in order to sufficiently decelerate
the vehicle at the specified deployment altitude (if a specified
main chute deployment altitude is required). Shown on Fig.
17 are results for optimum suspended weight fraction (Ws/
W. vs descent time for a two-chute system (drogue and
main) for various main chute deployment altitudes, where
W s is the weight on the main chute after the heat shield and
structure have been jettisoned. Sizeable descent times (5-10
min) appear to be feasible even for the lowest surface pressure
model atmospheres.

The parachute system for a survivable lander would be
oriented toward maximizing landed payload. Here again, a
tradeoff exists between m/CpA and Wys, but now the choice
of impact velocity involves an additional tradeoff with the
impact attenuator weight and the weight penalties associated
with ruggedizing the lander subsystems. Results of an
optimization study limiting the impact loads to 1500 ¢’s,
assuming 200 fps surface winds, are shown in Fig. 18 for a
range of surface pressures using a two-chute system. It is
quite clear that the surface pressure has a great effect on the
landed payload weight.

Landing impact attenualion system requirements

Among the methods available to the designer of an impact
attenuation system are retrorockets, gas-filled bags, penetra-
tion spikes, and liquid shock absorbers and solid materials
that absorb energy by yielding, fracturing, or crushing, but

most attention is being directed to absorbing impact loads by .

means of material deformation (even systems with retro-
rockets usually rely on a material-deformation system for the
final touchdown shock). The materials used for the latter
include various foamed plastics, balsa wood, and several types
of metal structures of which Al honeycomb is a commonly
used example.” Analyses on these materials have ranged
from studying the collapsing process of Al honeycomb™ to
studies of the over-all dynamics of an impact.

For fairly simple surface missions, a passive impaet attenua-
tion system is probably necessary. The design of the capsule
for Rangers 3, 4, and 5 is a good example; the instrument
package is completely surrounded by a sphere of balsa wood.
This omnidirectional protection is especially necessary on
Mars if surface winds of 200 fps are to be accounted for in the
design. When a spherical design is used, it is possible to de-
termine the so-called limiting impact velocity, which is the
velocity at which the material can deliver an infinitesimal pay-
load; that is, the deformation of the material only serves to
absorb its own kinetic energy. The highest limiting impact
velocity for currently available materials is ~1000 fps for
balsa wood.

The payload weight penalty associated with two impact at-
tenuation materials is indicated on Fig. 19. If the 200-fps
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Fig. 17 Effect of descent time on suspended weight
capability for different main parachute deployment alti-
tudes. Drogue chute is deployed at Mach 2.5.

surface wind constraint is imposed, then the total impact
velocity will be in the range of 210 to 250 fps, depending on
the vertical descent velocity after parachute deployment.
In this range of impact velocities, about half of the total
landed weight consists of the impact attenuation material.
Balsa wood gives a higher weight fraction than Al honey-
comb, but only at the expense of higher peak deceleration
levels. A further advantage of balsa wood, however, is that
it is fairly transparent to radio signals, whereas Al honeycomb
would have to be deployed away from the antenna after
landing. If there were no surface wind, the payload for the
Al honeycomb system could be increased 709.

The possibility of impacting a small payload without a
parachute has been studied® utilizing a balsa attenuator and
configuration 5 to insure stability and high subsonic drag.
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Fig. 18 Effect of atmospheric surface pressure on payload
weight, entry weight, and optimum ballistic parameter for
a typical short-lifetime lander.
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The feasibility of this approach is highly sensitive to the sur-
face pressure, because m/CpA has fo be extremely low to reach
low terminal velocities; hence, a large penalty in Wy is in-
curred. On the other hand, as the m/CpA and terminal
veloeity increase, the weight of impact attenuator material
increases. The results of an optimization study for a 90-in.
vehicle (m/CpA of 0.15) for the 10-mb minimum pressure,
yielded a landed payload of about 100 lb; the payload was
found to be proportional to the surface pressure. The peak
impact load is 6000 ¢’s since the impact velocity is about 400
fps. Because of the high vertical descent velocities without
a parachute, the effect of wind velocities even as high as 200
fps is still quite small.

INustrative Mars Entry Mission Design Concepts

Atmospheric Probes

Much scientific and engineering knowledge regarding the
Mars atmosphere can be gained by using a few relatively
simple and lightweight instruments. Two basically different
approaches are 1) a blunt, high-drag capsule that de-
celerates at high altitude, stores data taken during the heating
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AF TERBODY TUBE

ALTIMETER
ANTENNA

HEAT

SCIENCE
PACKAGE

WIND PROFILE A
ALTIMETER ANTENNA

Fig. 20 Atmospheric probe design concept of utilizing
parachate descent system (does not survive landing).
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and communications blackout period, and transmits it with
real-time measured data during the postblackout period of
descent; and 2) a dart-type, very-low-drag entry vehicle that
decelerates very little during entry and can communicate
continuously since it does not, produce a strong, normal shock
with its attendant high electron concentrations.

The deceleration history sensed by a blunt capsule can serve
as a basis from which the trajectory and the atmospherie
density profile can be deduced as suggested by Seiff.*» The
use of a sphere with an offset c.g. (configuration 6) has been
proposed.®®, ¥ The sphere concept potentially requires the
least amount of accelerometer data to establish the density-
altitude profile, because its €', does not vary with «; in fact,
the total resultant force on the vehicle is simply the drag.
Hence, a three-axis accelerometer system and a low-bit-rate
communication system transmitting only the resultant de-
celeration at relatively infrequent time intervals would yield
adequate results. During the terminal, subsonic portion of
entry, ambient pressure should be measured directly to re-
move ambiguities associated with the pressure predictions
from the accelerometer measurements. The relatively low
drag characteristics of the sphere are somewhat disadvantage-
ous for this purpose since, to achieve subsonic terminal
velocities in the low-density atmospheres, a low payload
weight is required. Furthermore, the poor dynamic stability
characteristics of the sphere® may result in large « excursions,
thus necessitating omnidirectional transmitting antennas.
Nevertheless, the spherical atmospheric probe can be satis-
factorily designed for a weight of 25 to 40 lb and a diameter
of 24 to 30 in.

Experiments that could be performed during a parachute
descent are discussed by Hanel, Richtmeyer, Stampfl, and
Stroud.”” A descent time > 4 min is required for accomplish-
ing the measurements and for real-time transmission via
direct link to Earth. The 4-min requirement results in the
need for vehicles with m/CpA ~ 0.2 slug/ft? for the low-
surface-pressure atmospheres. To achieve this, configura-
tions with high Cp are desirable in order to minimize size and
Waus. A typical design concept for such a vehicle is shown
in Fig. 20; total weight is 350 1b and the diameter is 84 in.
The communication system is a 2300 Mec direct link to
Earth and/or a VHEF relay link to a flyby or orbiter bus.
The altimeter antenna shown is a low-power (100 Mc) unit
that supplements the science and wind profile measurements.
Of particular interest is the experiment to determine the wind
velocity profile. The parachute-suspended payload quickly
acquires the average wind drift speed and three separate
transmitting and receiving CW radar antennas are used to
measure the total horizontal drift speed with respect to the
surface. The vehicle afterbody provides assurance that the
vehicle will quickly achieve stable, small-a oscillations re-
gardless of a..

Slender entry vehicles, flying at e ~ 0, can be designed so
that they do not strongly shock-heat the gas, and thus the
communications blackout during entry can be avoided

I. HEAT SHIELD (GRAPHITE)
2. PRESSURE TUBE

3. PRESSURE TRANSDUCER PACKAGES 7. ACCELEROMETER
4. ANTENNA WINDOW (QUARTZ)

5 ELECTRONICS
6.BATTERIES

Fig. 21 Slender configuration atmospheric probe design
concept.
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(especially for V, < 24,000 fps).” A typical concept is shown
in Fig. 21, which samples stagnation pressure (p,) at relatively
gonstant velocity. The ambient density can then be deter-
mined, since at hypersonic speeds p, =~ p. V.2 Additional
static pressure ports are shown which yield a dircet indieation
of the static pressure. Accelerometers are included in the
event that a much denser atmosphere than predicted is en-
countered and the change in veloeity becomes significant, A
severe problem associated with this type of vehicle is the lack
of & convergence during entry because of the very low drag
of the vehicle. TFor example, approximate trajectory analy-
sis indicates that the ambient pressure at peak ¢, is p =
mg/CpA, so that, for pa. = 10mb, vehicles with m/CpA’s
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Fig. 22 Short-lifetime lander and flyby bus spacecraft
concept (advanced Mariner).
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larger than 1.6 slug/ft? will impact prior to peak ¢o. Con-
sequently, unless « is controlled at entry, or stability aug-
mentation Is provided, large « oscillations could oceur
throughout entry with the attendant likelihood of communi-
cations blackout. This would negate the usefulness of the
slender configuration.

Short-Lifetime (Lightweight) Landers

A lightweight lander is considered as having a short post-
landing mission on the order of 6 to 12 hr. It would be trans-
ported to Mars by a flyby or orbiter bus. A lander concept,
suitable for an Atlas Centaur launch, is depicted in Fig. 22.
The objectives include atmospheric measurements during
entry and descent, demonstration of a successful landing,
and performance of a short-time biological experiment follow-
ing impact. A summary of the mission constraints that
l(‘ad to the choice of configuration is as follows: 1) V, =
21,500-24,000 fps (commensurate with 1969 and 1971 launch
window b), 2) v. (3o limit) = 52°-90°; 3) spin stabilization
during lander separation (20 rpm, followed by despin; small
residual spin desirable for thermal control); 4) survive all
model atmospheres (G, I, I, J, K; Wpgs designed for worst
combination); 5) drogue p@mchute deployment Mach No.,
2.5 &= 0.5; 6) minimum deployment altitude of main ehute,
8000 ft (heat shield jettisoned); 7) minimum descent time on
main chute, 100 sec; 8) maximum vertical impact velocity,
60 [ps; 9) wind gust velocity, 200 fps; 10) landed useful pay-
load, 130 Ib; 11) maximum loading at impact, 1500 g; and
12) maximum diameter, 100 in.

The science, communication, and power requirements for
the mission together with the impact attenuation require-
ments lead to a 42-in.-diam spherical lander payload, which is
carried within a very high-drag entry vehicle configuration,
shown in Fig. 22, of 90-in.-diam. The total lander weighs 500
b at entry, with m/CpA = 0.25 slug/ft? and Wps/W, = 0.21.
The heat shicld and exterior shell are jettisoned after the
main chute opens.  The landing sequence is shown in Fig. 23.

Long-Lifetime (Heavy) Landers

The heavy lander vehicle must satisfy a number of addi-
tional mission constraints. A high-gain antenna, preferably
a parabolic dish, is needed [or communication directly with
Larth; studies indicate that the antenna should be ~10 ft
in diameter.  If the winds are indeed as high as 200 fps, it will
likely have to be enclosed in a radome. Further, if high
winds are likely, the landing phase will probably utilize an
active system to eancel out the horizontal drift velocity and
also to insure a preferred direction (vertical) at impact. The
entry vehicle configuration must be suitable to package and
deploy the landed payload, and the attitude of the lander
must be near vertical if the high-gain antenna is to deploy

Fig. 23 Landing sequence for shori-lifetime lander.
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Fig. 24 Long-lifetime lander design concept for higher

surface pressure atmospheric models (Shilling atmos-
pheres).

satisfactorily. A number of scientific experiments may also
require specific orientation.

A landing system concept capable of re-erecting the payload
should toppling occur during landing employs a shell com-
prised of six petals driven by individual electric motors. By
opening the petals, the science equipment is exposed directly;
the petals are of RF-transparent material and form a protec-
tive radome for the antenna (Fig. 24) when closed. Both a
high-gain and a gimbaled low-gain hemi-omni antenna are
provided. The low-gain antenna is used for reception of com-
mand signals from Earth. A broad base provides impact
stability and packaging room for the high gain antenna.

The launch-vehicle shroud constraints and the possibility
of low surface pressures (thus requiring low m/CpA) can re-
strict the total lander weight to a value well below the booster
capabilities. For example, for the Saturn I-B and for an
m/CpA = 0.25 slug/ft2, a maximum W, = 3500 lb, which is
well below the injected-weight capability of Saturn. Such
limitations on W, for a single lander have led to consideration
of the use of multiple landers and/or landers with extensible
drag flaps; the use of two or more landers would permit
surveying more of the planct and would enhance the prob-
ability of mission success.

The particular concept of Fig. 24 was evolved to land a
1000-lb payload using the Schilling model atmospheres with
surface pressures ranging from 41 to 132 mb and winds not
exceeding 30 fps. The vehicle is designed to have a single
stable trim point. Its high m/CpA of 0.9 slug/ft? (to maxi-
mize the ratio of landed to entry weight) is appropriate for the
Schilling atmospheres, but, for use in a lower-pressure model
atmosphere, it needs a much lower m/CpA of 0.28 slugs/ft2.
As the vehicle diameter must be inereased by about a factor of
2 to achieve the lower m/Cp/, much more internal volume is
available than is needed. Therefore, the afterbody can be
made smaller, leading to a sizable reduction in the afterbody
surface area and weight. In order to achieve the same landed
weight, W, must be increased substantially from 140¢ to
1650 Ib due to the larger W4s/W.. The parachute sizes and
weights (in the event a parachute system is used) also in-
crease significantly; the main chute diameter increases from
50 to 80 ft. The problem of packaging and integrating this
much larger lander into the bus and the launch vehicle over-
shadows the increase in lander weight and is an important de-
sign influence of the low surface pressure atmosphere model.

Conclusions

The possibility of encountering very low atmospheric pres-
sures and very high surface winds are the most important en-
vironmental considerations that govern the design of Mars
entry and landing vehicles. In addition, long-term, reliable
operation of all subsystems after undergoing sterilization and
prolonged exposure to the space environment presents a dif-
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ficult engineering development problem that must be em-
phasized for even the simplest Mars mission. Finally, all
Mars mission entry vehicles are subject to space vehicle and
launch vehicle integration constraints as well as other mission
constraints such as trajectory, communications, and power re-
quirements. Therefore, each mission generally requires a
specific entry vehicle design, which is optimized for the
particular mission objectives.

The choice of entry vehicle configuration is a compromise
between the various mission' constraints, the need for ade-
quate vehicle stability, and the need for a lightweight heat
shield and structure. The selection of the entry configuration
should also take into account future as well as present mission
requirements and should provide a growth potential to cope
with changes in mission objectives and the predicted entry
environment,.

It is difficult to optimize the design of large-payload, long-
lifetime landers until the wide range in possible atmospheric
and surface conditions is narrowed through the acquisition of
additional data. It is possible, however, to conservatively
design lander vehicles that should survive and function even
under the most unfavorable set of conditions.
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Similarity Criteria for Thermal Modeling of Spacecraft
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General scaling criteria for thermal modeling of spacecraft are deduced from governing
equations of the temperature field for both two- and three-dimensional cases. Surfaces are
assumed to be opaque and nondiffuse; variations of bulk thermal properties with tempera-
ture are considered. Two techniques, namely, temperature preservation and material pres-
ervation, are examined in detail. Difficulties of perfect modeling are pointed out and possible
compromises are suggested. For two-dimensional problems, a significant advantage may
be obtained by employing models of distorted thickness. Control of apparent thermal con-
duclivity of materials by slitting offers interesting possibilities for both steady and nonsteady

simulation.

Nomenclature

Any consistent system of units may be used; the engineering
system is indicated below.

a = exponent in the power function describing the
dependence of thermal conductivity on tem-
perature

A = surface area, ft*>; A’ = dimensionless area, A /L?

exponent in the power function describing the
dependence of heat capacity on temperature
¢ = heat capacity, Btu/ft>-°R

d = thickness, ft

E, = solar radiation, fom Espd\, Btu/he-ft2; E =
dimensionless solar radiation

Es\ = monochromatic solar radiation, Btu/hr-ft2-u

hy = joint conductance, Btu/hr-ft>-°RR

I = monochromatic intensity of radiosity, the rate
at which radiant energy leaves a surface in the
direction 6, ¢, per unit solid angle, per unit
wavelength, per unit surface area perpendicu-
lar to the pencil of rays, Btu/hr-ft%u sr; thus,
for surface element dA4;, it is understood that
Ing = Ini(Ts, 6: ¢2)

I = intensity of radiosity, f() Indr, Btu/hr-ft2sr;

hence I implies I(T, 6, ¢); I’ = dimensionless
intensity of radiosity, 7/¢7*

Iy = monochromatic intensity of radiation of a black
surface, (1/7)CiA7%/{ [exp(Co/AT)] — 1}, where
Cy = 1.1870 X 10% Btu-p*/hr-ft?, ¢, = 2.5896
X 104 p-°R

k = thermal conductivity, Btu/hr-ft-°RR
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L = characteristic length, ft
qa = preseribed surface heat flux, Btu/hr-ft?
Gnet = net rate at which radiation leaves a surface,

Btu/hr-ft?; ¢nee’ = dimensionless net rate at
which radiation leaves a surface, gnet/aT'o*

r = distance between surface elements (see Fig. 1), ft

S = rate of internal heat generation per unit volume,
Btu/hr-ft?

t .= time, hr; ¢/ = dimensionless time (Fourier num-
ber), kTt/cT L2

T = temperature, °R; 1’ = dimensionless tempera-
ture, /T,

Ty = characteristic temperature of the problem, °R

z, Y = curvilinear orthogonal coordinates (see Fig. 1),
ft; z’, y* = dimensionless curvilinear orthogo-
nal coordinates, /L, y/L

o, ¥y = angles defining the direction at which incoming
radiation strikes a surface coming from another
surface (see Fig. 1)

B, ¥ = angles defining the direction at which incoming
collimated solar radiation strikes a surface (see
Fig. 1)

8, & = angles defining the direction at which incoming
radiation strikes a surface coming from another
part of the same surface (see Fig. 1)

€x = directional monochromatic emissivity, ex(7, 6, ¢)

9, ¢ = angles defining the direction at which radiation
leaves a surface (see Fig. 1)

A = wavelength, u

7 loale, v) = monochromatic reflection function, the ratio
of the rate at which monochromatic radiation
is reflected from a surface in the direction 4,
¢ per unit solid angle, per unit surface area
perpendicular to the pencil of rays, to the rate
at which monochromatic radiation strikes a
surface coming from the direction «, v; thus,
for surface element dA;, = !pni(a, v) implies
T_lp)\.i(Ti) 0, &5 o 'Yi)y and T_lp)\,i((s, S)
implies 7 ~1px, (15, 0iy ¢} 84 &), ete.

o = Stefan-Boltzmann constant, 1.713 X 10~ Btu/
hr-ft2-°R*
w =. solid angle, sr



